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Parametric Study of Manned Aerocapture
Part I: Earth Return from Mars
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A parametric study of the Earth return aerocapture for a manned Mars mission is described. The variation of
entry corridor width and stagnation-point heating with vehicle arrival velocity, lift-to-drag ratio (L/D), and
ballistic coefficient (m/CpA) are éxamined. To maximize corridor widths, the aerocapture maneuvers employ
variable bank-angle trajectories. Vehicles with an L/D of 0.5 or more are found to provide a corridor width of
at least 0.7 deg while keeping the peak deceleration load below 5 g for approach velocities up to 14.5 km/s.
Vehicle convective heating calculations are performed assuming a fully catalytic ‘“cold’’ wall; radiative heating
is computed assuming that the shock layer is in thermochemical equilibrium. As expected, heating rates are great
enough to require ablative thermal protection systems in all cases. Stagnation-point peak heating rates and
integrated heat load are shown to depend eritically on both entry velocity and ballistic coefficient. For the most
severe cases considered, peak heating and integrated heat load are several times greater than those encountered
by Apollo but within the range of experience for unmanned vehicles.

Nomenclature

A = entry vehicle reference area, m?

Cp =entry vehicle drag coefficient

D =drag, N

L =lift, N

m =mass, kg

m/CpA  =bhallistic coefficient, kg/m?

R, =nose radius, m

Ve =velocity at atmospheric interface, km/s
o =angle of attack

Introduction

ANNED Mars missions have been extensively studied
J during the last 30 years. These investigations have
shown repeatedly that the use of atmospheric drag rather than
propulsion to slow the spacecraft upon arrival at Mars or
Earth could result in large savings in the initial weight required
in low Earth orbit (LEO).? For an aerocapture to be success-
ful, the vehicle must dissipate enough energy in its initial pass
through the atmosphere to be captured into a planetocentric
orbit without overheating or subjecting the crew and structure
to excessive deceleration. To accomplish this, the vehicle’s
entry angle must fall within a fairly narrow range known as
the entry corridor. If the angle is too small, the vehicle will fail
to be captured and continue in a heliocentric orbit; conversely,
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if the entry angle is too steep, the vehicle will either hit the
surface, overheat, or subject the crew and structure to exces-
sive deceleration loads? (Fig. 1). The location and width of the
entry corridor depend on the vehicle’s arrival velocity V, and
aerodynamic characteristics, namely, the ballistic coefficient
m/CpA and lift-to-drag ratio, L/D. For certain entry condi-
tions and vehicle configurations, no atmospheric trajectory
can be flown which will capture the vehicle into a satisfactory
orbit without exceeding an imposed deceleration load limit
(that is, no entry corridor exists).

Current proposals for manned Mars missions differ signifi-
cantly with respect to the Earth return conditions.* Some
scenarios involve conjunction class interplanetary transfers
which result in Earth arrival velocities of 11.5-12 km/s and
require round-trip times of approximately 3 yr. Other con-
cepts employ opposition class missions which permit shorter
trip durations but result in Earth arrival velocities of approx-

Fig.1 Entry corridor.
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Table 1 Range of parameters

50, 100, 300, and 500
0.2,0.3,0.5
11.5, 12.0, 13.0, and 15.0

Ballistic coefficient, kg/m?
Vehicle maximum L/D
Vehicle entry velocity, km/s
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Fig.2 Decrease of vehicle L/D with Reynolds number.

imately 13~15 km/s. In general, as arrival velocity increases,
the control authority (L/D) required for a successful aerocap-
ture also increases. Since packaging is more complex for high
L/D configurations,® the required level of control authority is
an important determinant of mission architecture. Another
factor influencinﬁ mission planning is aerodynamic heating
and its effect on vehicle weight and design. Heating rate
primarily influences the type of material required for the
thermal protection system (TPS). For example, radiative cool-
ing using ceramic tiles similar to those on the Space Shuttle is
appropriate only for rates up to about 25 W/cm?. For single-
use applications, carbon-carbon materials with antioxidation
coatings can withstand approximately 100 W/cm?2, At higher
heating rates, radiative cooling is not feasible, and ablative
shields become necessary. Heat load determines the weight of
the TPS by governing the thickness of insulation and/or
ablator required. Both heating rate and integrated load vary
significantly over the range of potential Earth entry condi-
tions. Therefore, the objective of this study was to examine
L/D requirements and stagnation-point heating for a spec-
trum of probable entry conditions and vehicle configurations
(Table 1).

Study Parameters
Trajectory Constraints

Throughout this investigation, all aerocapture trajectories
were required to meet several constraints. First, the maneuver
had to result in a low Earth orbit with a period of approx-
imately 90 min. (For a few cases, periods up to 166 min were
allowed.) The rationale for choosing low Earth orbits was to
facilitate rendezvous with the Shuttle or space station and to
avoid the hazards of the Van Allen radiation belts. In addi-
tion, the peak load factor on the vehicle and crew was not
allowed to exceed 5 g. This constraint was set to avoid over-
stressing the crew members who will be physiologically decon-
ditioned after many months of weightlessness. The choice of a
5-g limit is supported by Soviet experience with 5-g entries
upon return from the Mir space station after flights in excess
of 8 months.® The vehicle is also required not to pass below an
altitude of 55 km at any point in its trajectory. This constraint
is designed to indirectly limit peak heating levels. Lastly, at-
tempts have been made to limit entry vehicle roll rates to
approximately 12 deg/s, although this has not been an abso-
lute requirement.
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Atmospheric Model

The atmospheric density model that was used simulated the
density profile of the 1976 U. S. Standard Atmosphere with a
series of exponential expressions. The entry interface was set
at 122 km (400,000 ft), and the atmosphere was assumed to be
nonrotating and not varying with latitude, longitude, or sea-
son. An empirical correlation was used to decrease the peak
vehicle L/D at high altitudes to account for increased laminar
skin friction relative to wave drag in this flight regime (Fig. 2).
This correlation was developed by plotting calculated and
measured lift-to-drag ratios at various Reynolds numbers as a
fraction of the high Reynolds number L/D for several vehi-
cles; Fig. 2 represents an approximate curvefit to these points.
The data used were from direct simulation Monte Carlo
(DSMC) computations for the Space Shuttle’ and the Aero-
assist Flight Experiment vehicle,® Apollo and Gemini capsule
wind-tunnel tests,>!? and X-20A hot-shot wind-tunnel tests.!!

Trajectory and Heating Calculations

The flight of an unpowered vehicle in a nonrotating atmo-
sphere is described by a system of four first-order, ordinary
differential equations.!? These equations were solved numeri-
cally by two iterative computer algorithms. The first of these
found a satisfactory trajectory near the overshoot limit; for
this case, the vehicle was flown lifting fully downward (bank
angle of 180 deg) and complete trajectories were calculated for
entry angles which were increased in discrete steps until the
vehicle was captured into the desired orbit. The second al-
gorithm found a satisfactory trajectory at the undershoot
limit. To do this, the vehicle was initially flown lifting fully
upward and, in sequential trajectory calculations, the entry
angle was gradually increased until the peak load reached 5 g.
At this point, the undershoot boundary had been found; using
this value as the entry angle, the algorithm then systematically
varied the vehicle roll angle just prior to and after the time of
peak deceleration until the final orbital period fell into the
desired range. The use of a variable bank angle allows steeper
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undershoot limits (and thus wider entry corridors) than are
possible with the fixed bank angle trajectories employed in
many previous studies.!'>»!* A variable bank-angle scheme
similar to the one used here was recently described by Braun
and Powell’S; preliminary comparisons have shown these two
algorithms to yield very similar results.

Stagnation-point heating rate and integrated heat load were
calculated using the methods described in Refs. 16 and 17.
Both convective and equilibrium radiative processes were con-
sidered. Only the ‘‘cold’’ wall heating rates occurring in the
absence of ablation have been calculated. The results pre-
sented are, therefore, independent of the heat shield material
and can be used for a variety of candidate materials. All
calculations were made assuming that the inviscid shock layer
was in thermochemical equilibrium.

The technique for calculating stagnation-point radiative
heating given in Ref. 17 is a simple correlation expression
which is applicable for vehicles with nose radii of 1.0-3.0 m
flying at speeds between 10 and 16 km/s and at altitudes of
54-72 km (the altitude regime in which the vast majority of
radiative heating occurs at Earth). This expression gives the
heating rate as a function of nose radius, local atmospheric
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Fig. 8 Corridor width vs L/D (ballistié coefficient = 300 kg/m?).

density, and vehicle velocity. The correlation is based on cal-
culations that used a multiband radiation model which ac-
counts for self-absorption and the nonadiabatic nature of the
flow. Ref. 17 compares the results of this technique with those
of other computational methods and found maximum dis-
crepancies of 20-30%. Uncertainties of this magnitude are
quite common in radiative heating calculations and are not
considered unacceptably high for the purposes of this study.

Entry Vehicles
The vehicle configurations!® considered are shown in Fig. 3.
The capsule on the right is a blunted, 70-deg half-angle cone
similar to the Viking probe which landed on Mars in 1976. The
center vehicle is identical in shape to the Apollo command
module, while the configuration at left is a blunted, raked
cone with a slightly elliptical cross section. As indicated in the
figure, the vehicles’ L/D ranged from 0.2 to 0.5. The first two
shapes were chosen to utilize the existing technology base. The
capsules were sized to avoid the need for on-orbit assembly
while providing adequate room for the crew and specimens.
Using as small an entry vehicle as feasible will minimize weight
and decrease radiative heating by avoiding large nose radii and
thick shock layers. In general, low ballistic coefficients are
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Fig. 9 Undershoot trajectory peak stagnation-point heating rate: a) balllsllc coefficient = 50 KG/M b) ballistic coefficient=100 KG/M
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desirable since they result in deceleration at high- altitude and

thus relatively benign heating environments. However, entries
were calculated for a range of m/CpA from 50 to 500 kg/m?.
The nose radii used for stagnation-point heatmg calculations
are indicated in Fig. 3.

Results
Typical entry trajectories for undershoot and overshoot
cases are shown in Fig. 4. The corresponding deceleration
pulses are shown in Fig. 5 and compared to that for the entry
of a Soyuz capsule on return from the Mir space station. The
Soyuz entry was calculated using an L/D of 0.13 and a ballis-

tic coefficient of 600 kg/m? (derived from data in Ref. 19). .

The calculated trajectory assumed entry from a decaying or-
bit, and the peak g load matched that described by Cosmonaut
Atkov. The vehicle bank-angle history used to achieve the
undershoot trajectory for this particular aerocapture is illus-
trated in Fig. 6.

Corridor width is shown as a function of entry velocity for
a ballistic coefficient of 300 kg/m? in Fig. 7. (These curves
varied little either qualitatively or quantitatively for the other
ballistic coefficients studied.) For each case, the undershoot
boundary was determined by the 5-g limit. This is in sharp
contrast to Martian entry studies, which show the undershoot
boundary to be set by the energy requirements of the target
orbit for many low entry velocity cases.?’ Corridor width is
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presented as a function of L/D for the various entry speeds in
Fig. 8 (n/CpA = 300 kg/m?): For the 14-km/s and 15-km/s
cases, vehicles with an L/D below those indicated failed to
successfully capture.

The entry corridor must be wide enough to allow for inaccu-
racies in the encounter navigation system as well as atmio-
spheric and aerodynamic dispersions. Recent studies recom-
mend the equivalent of a 0.7-deg corridor width.?! If this
criterion is applied here, the aérobrake is found to require an
L/D between 0. 4 and 0.5 if entrres up. to 14.5 km/s are
allowed.

Figure 9 shows undershoot trajectory stagnation- pomt peak
heating rates as a functron of entry velocity foi the range of
ballistic coeffrcrents (Undershoot trajectories are known to
experience the highest heating rates whereas overshoot trajec-
tories have the greatest heat loads.) As expécted, heating ratés
increase dramatically with velocity. For the 11.5-km/s entries,
peak rates aré about the same as those experienced by the
Apollo command modules upon return from the Moon (ap-
proximately 500 W/cm?—see Ref. 22). In general, the peak
rates are very close to those calculated in Ref. 18 for direct-en-
try returns from Mars. The most severe cases considered result
in a peak heating rate of 2-3 kW/cm?. Although this is consid-
erably above what has been encountered on previous manned
missions, it is an order of magnitude less than the peak rate
expected for the Galileo probe during entry at Jupiter.?* The
relative significance of convective and radiative heating vary
widely with entry velocity, m/CpA, and L/D. Radiation ac-
counts for a higher fraction of the total peak heating as both
ballistic coefficient and V, increase (Fig. 10). The pronounced
effect of ballistic coefficient on peak heating rate is illustrated
in Fig. 11. It is noteworthy that over the range of values
considered in this study, ballistic coefficient has a much
greater effect on peak heatirig rate than does entry velocity.
Typically, peak heating varies by a factor of 3 between entry
velocities of 11.5 and 15 km/s. Conversely, it varies by a
factor of 5 to 9 over the range of ballistic coefficients consid-
ered. In all cases, the maximum heating was great enough to

require the use of ablative heat shields. It should be noted that

L/D has little effect on the peak stagnation-point heating rate.

The integrated -stagnation-point heat load for overshoot
trajectories is shown as a function of ballistic coefficient in
Fig. 12 and as a function of entry velocity in Fig. 13. As points
of reference, the integrated load for .the Apollo 6 command
module was 43 kJ/cm? (Ref. 22), whereas while that expected
for the Galileo probe is approximately 800 kJ/cm2. Although
the most severe cases considered here exceed manned flight
experrence they are well within the range of unmanned tnis-
sions. Just as they did for the peak heating rate, ballistic
coefficient and entry velocity play the dominant roles in deter-
mining the integrateéd heating lpad. However, vehicle L/D has
a greater efféct on 1ntegrated load than it did on peak rate,
with total heating increasing with L/D. This results from the
long duration, shallow, overshoot trajéctories which can be
achieved by high L/D vehicles, and is particularly prominent
for low ballistic coefficient cases where control authority is
greatest.

o Conclusions

A parametric study of the Earth return aerocapture for a
manned Mars mission was conducted. The entry vehicle was
captured into a low' Earth orbit and was required to observé a
peak deceleratlon limit of 5 g. Variable bank-angle trajectories
were used to maximize corridor width. If a corridor width
requirement of 0.7 deg is assumed, vehicles with an L/D of
0.4-0.5 are found to be satisfactory for arrival speeds up to
14.5 km/s. .

Convective heating calculatlons were performeéd assuming a
fully catalytic, ‘“‘cold”. Wall radratrve hedting was computed
assuming that the shock layer was in thermochemical equi-
librium. Stagnation-point peak heating rate and integrated
load were shown to ,,dep?e’nd.» critically on ballistic coefficient

and entry velocity, while vehicle L/D influences the integrated
loads but has little impact on peak rate. Although many of the
cases considered result in aerothermal environments more
severe than those encountered on preVious manned missions,
they are well within the range of experlence for unmanned
vehicles.
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